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TIX XHTZRAOSXOH OF BOORDAKS lAXER AND CCKPRESSIOK SHOCK 

AiTO IT3 EFFECT WO« AIRFOIL FHE83ÜRE DISTRIB'JTIOKS 

B;- H. Julian Allsn, ilax. A. Hea3let, 
and äerald E. Sfitrttrg 

S'JiClARY. 

The nechanicm of ths Intaraotlon of compression chock 

With toundary >jer Is investigated«    It it   shown that tho 

apparently Bhochlees pressure distributions  observed experi- 

mentally at supercritical ilaoh numbers can he accounted for 

by a nar'^od thlcicenlnp of the bov-ndary layer for eonie distance 

ahead of the shoci. wave.    Pressure distributiina with abrupt 

presi-ure recovery froc larce local supersonic Ilach numbers to 

a local liach nunber of about unity can be accounted for by a 

thloInning of the boundary layer over a shorter chordvlse 

extent. 

At the teat Re/noidi number of atout 1,^00,000,  the 

preser.ee of ezi aerodynamic ally clean or dirty surface does not 

materially influence the öra^ at high supercritical speeds. 

IlTTROr/uCTIOU 

Durln--;: calibration of the Aces 1- by 3-|-foo't hiph-speed 

wind tunnel, a ßtudy of wall interference by the  image method 

was undertaken to determine the validity of thooretical 
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Interference factora.    It was foun*. In the course of the teato 

that praaeura-cMstributlon measurements at supercritical sir 

ape cue could r.ot always be repeat ad.    This phenomenon was 

particularly evident at certain angles of attack. 

The fact that the phenomenon appeared only at super- 

critlcal spac&s aurjpcstdd that it -rap  in pome way brought 

about by the interaction between compression Shook and the 

airfoil boundary layer.    Such Interaction in poasitle since 

a Stationary shook wave, «blob, only exists within a fluid 

where the velocity la above aonlo, oannot penetrate to the 

surface of the airfoil where the velocity must be ~ero and, 

in consec.ue.ioc, the pressure rise across the shook vave must 

effect a tendenoy to a rcveracd flow ".rithin the boundary 

layer. 

An investigation was undertaken to determine tte cause 

of the phenomenon with a view to clarifying the present under- 

atan?.i:iv of compression shook and the  Interrelation of shook 

and boundary layer. 

SXPERIIIKTAL OTEOTI&MCK» 

Th? Ar.es 1- by 3^-reot high-speed wind tunnel, which was 

used in these tests,  is a low-turbulence wind tunnel with 

sufficient power to obtain choked flow under all test condi- 

tions.    Tho airfoil models used in the present testa wore of 

HACA 1&12 airfoil section and spanned the 1-foot dimension 

of the tunnel.    There was no end leakage.    One model, 

CORFItJr.'TIAL 
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described In reference 1, which hart a 5-lnch chord, was 

equipped vith 5M- pressure orifices and was U3ed to determine 

the distribution of pressure over the airfoil section.     The 

other codel had a 6-inch chord and was used to obtain schlieren 

photographs of the flow. 

Of the airfoil pressure distributions  for the wall- 

interference study,  several obtained at a Kach number of O.75 

end an angle of attach of k° are of major Interest for the 

present  study.    The Reynolds number for this test was about 

1*5 millions.    The pressure distribution for the  clean airfoil 

under these condition« 13 ohown in figure 1. 

It v:aQ noted during the tests  that,  after prolonged 

operation of the tunnel,  the presoura distribution changed 

from that  shown; and it was found that thir  change was brought 

about by an accumulation of cllrt and a pitting due to gritty 

particles striking the surface.    Foliahlng of the airfoil 

surface permitted the original pressure distribution on the 

airfoil to be reattalned.    X'r.is result suggested that the 

change in pressure distribution was brought about by a forward 

movement of the point  of transition from laminar to turbulent 

flow.    Accordingly,  the pressures were neasvred with a thin 

spanwise strip of coarse carborundum (Ko.  ISO)    fixed at the 

6-percent-chord station on the upper surface of the airfoil. 

An even core pronounced change in the pressure distribution 

of the kind previously found with the dirty surface was 

observed.    This distribution Is  shown in figure 1. 
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The distribution of pressures obtained with the clean 

airfoil surface is not compatible with the usual theory of 

supercritical flotr since there 13 no sharp drop in pressure 

coefficient to indicate the presence of e. shock.    In order 

to study this anomaly by the schlieren method,  an I'ACA liM-12. 

airfoil model was mounted for test  on circular glass   side- 

wall disks.    TliB attachment  to each disk ;«s effected by two 

steel pins,  at the 1C- and ?0-perc*i.t->;hord stations.    In 

order to seal the end of the r.lrfoll to the dicks,  thin rubber 

gaskets were used.     Typical schlleren photographs obtained 

with this apparatus are shewn In figure 2.    It will be noted 

that, unfortunately,  the mounting  pin a and edge of tbe 

gaskets are visible but they can readily be distinguished. 

In several instanoer.,  visual examination of the schlieren 

screen shoved the shock wave to be blurred,indicati!:?; chord- 

wise r_otion of the wave.     Such an unsteady flow could,  of 

course,  produce a pressure distribution such an that cho-n 

in figure  1 for the clean-surface model since the  liquid 

manor.eter used for these tests would not respond to rapid 

changes in pressure.     In many instances, however, although an 

apparently shockles3 pressure distribution was obtained,  the 

schlieren screen indicated that a compression shock was 

preaent and stationary with tine.    This observation prompted 

an analysis of the experimental results obtained. 

/I 
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ASMOTICAL ISWE3TI&MI0H 

The experimental pressure distribution obtained with a 

clean surfece, shown In figure 3, la akin to the corresponding 

distribution of figure 1 in that, for the upper surface in 

both instances,  although the Hach number Is veil above 

critical,  evidence of shook is apparently absent although the 

schlieren phonograph of figure Ma), corresponding to the 

pressure distribution of figure 3»  show chocked flow.    Such 

a pressure recovery,  It was considered,  could be produced by 

interaction of the shooi wave and boundary layer. 

In order to explain this, it la necessary to consider 

the general characteristics of the supersonic portions of 

pressure distributions at supercritical speeds In the absence 

of local boundary-layer effects.    ?rendtl and lieyer have 

shown that, when a serai-lnf irvlte unlforia stream at a Hach 

number of unity is deflected around a convex surface, the 

local Mach number attained at any piint is supersonic with 

magnitude   a function only of the total angle through which 

the stream has turned.    This theory is modified empirically 

in reference 2 for the fact that the supersonic region of flow 

over airfoils at supercritical speeds is of only limited 

extent.    It Is found that the local Mach number is still 

directly related to the total angle turned through by the 

surface from the sonic point to the point under consideration. 

However, tb* Maoh number rise for a given angular deflection 
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la only from one-third to two-thirds that predicted by 

Prandtl sind Meyer, the precise value being determined by 

the specific configuration of airfoil shape,  angle of 

attack,  arid free-strean Mach number. 

It Is knovn fron studies of boundary-layer effects at 

low speeds that the presence of a boundary layer Is  equiva- 

lent to a proportionate  local thickening of the airfoil. 

There Is no reason to believe that thla   effect will be 

different at high speeds.     It follows  that,   since  supersonic 

local Mach numbers,  and therefore  local pressure coefficients, 

are directly affected by local surface contours,  any change 

in boundary-layer thickness which markedly changes the 

effective  local curvature  of the airfoil surface will result 

in a narked local change In the airfoil pressure  distribution. 

There is an abrupt pressure  increase across a shock wave 

which can be transmitted forward only through the boundary 

layer.    This pressure rl^e produces an adverse pressure 

gradient  in the boundary  layer which tends to thicken and, 

in  BOffle  cases,  actually to separate the boundary layer. 

A narked thickening of the boundary layer ahead of the shock 

wave nay so modify the  effective curvature  of the airfoil 

surface that the original convexity, with the resultant 

falling pressure,  in front of the wavt can be changed to 

concavity with a resultant rising pressure in front  of the 

wave.    In other words,  the effect of the thickening of the 

boundary layer can be  such as to decrease the lical Mach 
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numbers outside the boundary layer as the shock vavs  IG 

approached.    The pressure rise rcro3S the shock wave is 

thereby dlmini3liedJreEulting' in a so-celled "softened"  shook 

wavo<    Eonaldsor.,  in reference J,  found that the concept  of the 

softened corpresrion shock led to the successful prediction of 

the position of the terminal shook wave la cuperconic nozzles, 

i'ls prediction was based upon the assumption that thin   softening 

was  so complete as to make   -he Mach numbers Immediately ahead 

of and behind the terminal shook wave essentially unity,    If 

the  supposition is  made that  the pressure distribution can be 

related to the effestive surface curvature and if it is assumed, 

after Eonaldson,  that the terminal shock wave occurs when the 

rurface pressure  is tlir.t corresponding to a Mach number of 

ur.it;r,   it  should he possible to calculate fron a 1-jiovrn airfoil 

pressure distribution the growth of   uhe boundary layer and the 

position of the terminal shock wr.ve. 

In order to do thiG,  it is neoessary to relate the rise 

in pressure along the surface to the deflection in ihe  stream 

direction.    This cay be accomplished by assuming that  pre3r.ure 

changea take p3ace on Mach lines,  as WE done by Ackeret end 

Busemann  (reference k, pp. ?y~~SjG), or by assuming that the 

changes occur alone  shock raves of infinitesimal magnitude. 

The  latter approach will be adopted here.     Consider novr the 

uniform,  two-dimension?1 flow of a compressible  fluid at a 

Uach number   Kj, > 1.    If this  flo• Is deflected through an 

angle    3      as shown in figure 5» whloh is less than a certain 
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prescribed value, theory Indicates that a linear ahnek wave 

will be formed In the fluid and that the shook will pass 

through the point at which the deflection occurs.    Moreover, 

classical theory has shown that it  is possible to relate 

conditions on both sides of the shack vavc by means of the 

equations T-rhich follow fron the assumption that mass, 

momentum,  and eiiprgy are conserved in passing through the 

shock (reference k-,  p.  233).    As a result of these 

assumptions it can be shem that 

a sin 0 sin a p» - a - Pi v, 
cos (o-e) 

P-.-Px-PxV^sln'a-^-J- 

(1) 

(2) 

where 

p pressure 

density 

angle of deflection of stream 

angle of inclination of shock wave 

velocity 

ratio of specific heats (cp/oT = lA) 

subscripts denoting conditions before and behind the__ 

shock, respectively. 

As    3   approaches zero, the pressure rise across the 

shook approaches zero and from equation (2} it follows that 

•In a » l/Hi.    Thus   a   is the ltech angle associated with 
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the free-etream Mcoh numoer and the shoci wave becomes -In the 

limit a Maoh line.    In the analysis that f OOIWB, an aaprasslor. 

will be derived relating the change In pressure with the value 
of 0 . 

By Betting 

Pa - P» * AP 

i PA*' ^i 
ap/qi   « AP 

equations  (l) and (2) oay he written, respectively, In the 
forma 

AP «   g tan g tan   fl 
1 + tan a tanfi 

am'*««ia+3lJE+ \ 
• 

It la poealble to eliminate    a   between the two preceding 

equation« and, aa a result,    AP   may be expressed as a function 

Of    tan 6    or,  inversely, the angle of deflection may be 

expressed In terue of the pressure change.    Solving for tan • 
gives 

; 

tan fl = i Jj\'"i'äB 
! _ Yjj. Mx' AP     rt-1 K>* AP 

" 
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If o Is small, It follows that the pressure Increment 

la smell and, as a consequence, the right-hand member of 

equation (3) cpn he expanded In series form. Fegleetlng 

powers of AP above the second ylcld3 the following 

tan 6 = AP ^± -  (AP)a * -1 
2 k 

(7+l)lü* 

>KMi"-i5 
W 

If,  In turn,    AP    la expressed In terms  of    tan 9,    and 

powers of    tan ö    above ';he second are  or.iitted,  the result Is 

Ap= p V3 
tan  9    +    tan3 9 

Jil^ -1      Ki2 -1 
(•Y+l) V-i* 
M::S -1) 

(5) 

It Is thus possible,  under the assumptions of thin— 

airfoil theory,  to treat pressure variation in a supersonic 

street either as a Uniting case of attenuated shock waves 

or by means of the previously known approaoh which aesunes 

the pressure changes takp place alonf Ilaoh linee. 

If the relation between pressure-coefficient  change and 

antile-of-stream deflection given In equation CO la used,  it 

is then possible to calculate the growth of the boundary layer 

and the  change in local I.'ach number by a ctep-by-step process. 

1 «r 
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calculated position for a Hach number of unity which 

confirms Ponaldson's hypothesis. 

With a clean eurface it can be asnurced that, at the  - 

relatively low Reynolds number of tha teat, the flow remained 

laminar up to the shoe'.:.    Although no measurement3 were made   • 

in the present investigation to support this assumption,  a 

similar condition WPS found to exist at r.,uch higher Reynolds 

nuubcrs in ?i»i investigation in the Ames 16-foot high-speed 

wind tunnel of a large  chord i'ACA low-lra£-type airfoil, 

VIth th3 r.&aition of carborundum to the airfoil of the 

present investigation,  transition from laminar to turbulent 

flow probably neve3 forvmrd enough so that a turbulent 

boundary .layer existr. over the region of Interest,    It is 

well knorm that vhllp the laminar layer is easily thickened 

by an adverse pressure gradient,  the turbulent  layer is more 

resistant to such a gradient.    It is then to be expected that 

the thickening of a laminar boundary layer due to the pressure 

rise across a piven chock wave will be greater than for a 

turbulent boundary layer.    If it i.z assumed that the terminal   • 

Bhock wave occurs at a Hach number near unity,  the previous 

analysis has shavn that the angular deflection of the stream 

at the outside of the boundary layer has a fixed value. 

Hence the narked thickening due to the terminal shock must 

be more limited in ohordwlse extent for a turbulent layer than 

for a laminar layer.    The pressure distributions or figure 1 

show this to be the case« 
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DISCUSSION Aid COKCI/JEIHO REMARKS 

11 

Thar theoretical analysis wa3 applied to predict the 

boundarv~layer'grovth and the fomatlon of shock corresponding 

to some aeaaured pressure distributions, A comparison of 

several calculated flo-.-xs with th3 corresponding observed flows 

is shown in figures 4-, 6, 7, and 3.  (The flora or fig. h,  as 

noted prevlouEly, correspond to the pressure distribution of 

flp» 3>)    I" these calculations the- ilach lines corresponding 

with the ne^-oured furface presturoB have been arbitrarily 

extended li;a»erly and are terminated at the extended ilach line 

of unity. Such a äiagrac cler.rly cannot confora v:lth reality 

at points i"?iioved from the surface since it faila to allow for 

the proper pressure variation normal to the airfoil. In 

particular, the unity liach lir.e, although possible close to 

the surface, could not extend into the flow field to intersect 

the other-Ilach lines as shown. In spite of these limitations, 

It is seen that, in figures ^ and 6, the terminal shock is at 

a constant chordvise position along the span and the calculated 

and experimental flows are in good agreement, indicating that 

the previously diecus-ed mechanise for the interaction between 

shoci and boundai-y layer is substantially correct. The 

schlieren photographs of figures 7 and 2 suggest that the flow 

varies spom-'ise. In spite of this, reasonable agreement Is 

obtained. In addition, the figures show that near the surface 

the actual location of the shook wave is very close to the 
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j.i the cases so far considered, sufficient thickening to 

induoe shock near a Hach number of unity has teen evidenced by 

the pressure distributions.    It cannot be concluded, however, 

that all shocks must take place at close to unity liach number 

since the lower-surface pressures of figure 3 would not appear 

to support such a conclusion.    As a further warning,  It should 

not be concluded that vrhenever a pressure distribution of the 

type  shown for the upper surface in figure 3 Is obtained the 

shook necessarily takes place near unity liach number,  unless 

the pressures are both instantaneous and persisting.    Usually 

pi'esBures are measured on liiuid manometers possessing slow 

response which,  in consequence, can indicate for this  latter 

type of pressure distribution either a softened shock, as 

previously discussed,  or a fluctuatlng-shock flow whloh in 

other Instances has been observed* 
Under the assumption that shock occurs at about the 

chordwlse station where the local liach number has dropped to 

unity, the pressure distributions of figure 1 indicate the 

following:    Vhen the boundary-layer flov; is changed from 

laminar to turbulent, by means of the strip of coarse carbo- 

rundum,  the location of the shock wave is raoved forward and 

the boundary-layor separation after shock appears complete. 

As will be seen in figure 2,  the growth of the boundary 

layer ahead of the terminal shock wave is usually one therein 

the thiokenlng of the boundary layer is at first slow and 

'    Increases as the terminal shock Is approached, as shown In 
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figure 9(a). She pressure distribution is then of the type 

shown In figure 9(b). The Mach lines, which are but shook 

waves of weak strength, are generated at the boundary-layer 

surface and would form an oblique shock of greater strength 

. If they coalesced to form an envelope. However, such 

coalescence has not space enough to occur ahead of the 

terminal 3hock in the usual case, and hence, the oblique 

shook would not be evident. 

If, on tli? other hand, the boundary layer were laminar 

and separated to form a wedge of constant angle, as shown In 

figure 10(a), the envelope of Ilach lines would form an 

oblique shock which would disappear at the terminal shock 

and the pressure distribution would be of the type shorn In 

figure 10(b), That such types do actually occur is seen In 

figure S for soue of the lower-surface shocks. 

It Is important to note that, with the addition of the 

carborunduu, the reduction of lift was sizable but that the 

relative change in drag was slight. In fijoire 11 la shown 

the pressure drag coefficient (which at speeds well in excess 

of the critical Is practically the total drag coefficient) 

for the airfoil whose pressure distributions are shown in 

• figure 1. It appears that, whether or not the energy loss 

In the boundary layer is increased with a consequent reduction 

in energy loss in the shock wave, the net effect on the total 

drag Is practically the sane. It should be noted, however, 

that in the oases considered, a softened shock Is apparently 
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Ohordaii* atatlon, i/c 

Figur* 1.- lff»ct of aurfao* condition on to« distribution or pruiurM ovir an SAC* 4418 
airfoil at 4° angl* of attaok, Mach nunbar 0.75, and Raynold* nuabar l.B million». 

rigura a.- Distribution of prauuraa oror an 1ACA 4411 airfoil 1*01100 at 0° angl* of attack. 
Maoa nuabar 0.778, and Raynold* nuabar l.B Billion*. 
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Cfcordeli» «tatIon, x/e 

Figure 1.- Effect of aurfaoa condition on tha distribution of preeeure« o»er «a laCa 4*12 
airfoil at «o angla of attack, Mach nuacer 0.76, and Reynold! number 1.5 million«. 

.« .5 .a 
Ohordwiee itatlon, i/c 

Figur» 3.. Distribution of praaauraa orer an IMA 4411 airfoil aootloa at 0° angle of attack, 
•aon number 0.771, and Reynold« number 1.6 million«. 
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